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SUMMARY 


A method utilizing precalculated solutions graphically presented 
for calculating subsonic or supersonic ram-jet performance parameters 
is presented with the associated equations and graphs. By assuming 
constant values of specific-heat ratio and gas constant equal to those 
of standard air, the thrust-coefficient calculation has been reduced 
to a few simple operations. Correction methods are presented to account 
for variations in specific-heat ratio and gas constant. The correction 
to the thrust coefficient for a typical set of operating conditions may 
be of the order of 5 to 10 percent. 


INTRODUCTION 


A convenient index to ram-jet engine performance is the thrust 
coefficient, which is defined as the thrust force per unit flight 
dynamic pressure per unit reference cross-sectional area. For a given 
set of operating conditions, the thrust coefficient can be compared with 
the drag coefficient to determine whether the propelled body will 
accelerate, decelerate, or maintain a constant flight speed. The thrust 
coefficient also provides the engine designer or research worker with a 
useful performance indicator which, to a certain extent, can be con- 
sidered without regard to the propelled-body configuration. For given 
engine performance, flight conditions, and fuel properties, the maximum 
theoretical thrust coefficient can be calculated and compared with the 
actual value. From this comparison, the shortcomings of the engine can 
be determined and the direction of furtheY developmental work fixed. 

The flight-thrust-ceefficient calculation from performance data, 
from estimates for the individual components of the engine, or from 
performance data taken in directly connected duct tests can be most 
laborious and time consuming, the amount of labor depending on the 
amount of accuracy, attempted and the methods used. Extremely high 
accuracy is difficult to obtain conveniently because of the problems 
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involved in treating three-dimensional flows, the trial and error 
processes and assumptions used in determining the change in gas properties 
with temperature and chemical reactions, and the general lack of precise 
data on the performances of the ram-jet engine components; however, 
thrust-coefficient calculations based on one -dimensional theory and 
frequently on standard values of specific heats and gas constant are 
sufficiently accurate for most purposes. The error introduced by 
assuming one-dimensional flow will vary according to the ram-jet design; 
for example, most ram-jet burners produce transverse temperature varia- 
tions in the combustion zone that produce deviations from one -dimensional 
flow. 


Through use of the momentum equation, the general energy equation, 
the continuity equation, the simple gas law, and the one -dimensional 
theory, it is possible to estimate the conditions at each station in the 
ram jet for a given flight condition, intake diffuser efficiency, 
combustion-chamber performance, and exhaust -nozzle efficiency. The 
obvious calculating procedure is to start at the diffuser inlet and make 
a station-to -station analysis leading up to the determination of the 
exhaust-nozzle exit velocity and the gas mass flow. When these quantities 
are known, the thrust coefficient can be determined directly. An example 
of this type of calculation which has been appreciably simplified by the 
use of graphical solutions is presented in reference 1. 

The previously outlined procedure can be appreciably shortened by 
eliminating all intermediate steps and proceeding directly from values 
of basic variables to the thrust coefficient. Expressing the thrust 
coefficient in terms of basic variables leads to an unwieldy equation; 
however, grouping variables and making use of precalculated solutions 
graphically presented reduces the calculation to a few simple operations. 
The purpose of this paper is to present such a calculation method, as 
well as graphical solutions, algebraic derivations, and associated 
equations for the determination of other significant quantities. 

The calculations are presented as charts covering variable ranges 
of flight Mach numbers from 0 to 4.0, combustion-chamber inlet Mach 
number from 0 to 0.5, combustion-chamber temperature rise extending 
somewhat beyond that obtainable with gasoline and air mixtures, and all 
possible values of diffuser total-pressure-recovery ratio and combustion- 
chamber and exhaust-nozzle total -pres sure ratio. Combustion-chamber 
inlet Mach number was limited to 0.5 because higher values do not appear 
practical with a ram-jet combustion chamber where the flow is confined, 
since at this value an appreciable total -temperature rise will cause 
thermal choking. 
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SYMBOLS 


a speed of sound 

A area, square feet 

Cp-j. thrust coefficient 

internal-force coefficient 


D e 

f 

F 

g 

I 

J 

K 

M 

P 

Pt 

q 

R 

T 

Tt 

^t2-3 

V 


arithmetic average of specific heats at constant pressure 
corresponding to static and total temperatures 

external drag, pounds 

fuel-air ratio 

force, pounds 

standard acceleration due to gravity, feet per second per 
second 

specific impulse, seconds 
mechanical equivalent of heat 
friction coefficient 
Mach number 

absolute static pressure, pounds per square foot 

absolute total pressure, pounds per square foot 

dynamic pressure} one-half momentum flux per unit area, pounds 
per square foot 

universal gas constant, foot-pounds per pound per °F 
absolute static temperature, °R 
absolute total temperature, °R 

total temperature increase across combustion chamber, °F 
velocity 
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W air weight flow 

a mass -flow parameter 

3 heat-addition parameter 

7 ratio of specific heat at constant pressure to specific heat 

at constant volume 

7 arithmetic average of specific -heat ratios corresponding to 

static and total temperatures 

6 angle of inclination of external surface of body to thrust 

axis 

T] ratio of downstream to upstream absolute total pressure for a 

particular engine component 

6 pressure-loss parameter for method I 

A, pressure-loss parameter for method II 

p specific mass density 

Subscripts: 

0 to 5 conditions at corresponding stations indicated in figure 1 

a adjusted value 

b body 

d intake diffuser 

e external 

1 internal 

n nozzle 

t total 

x segment of cross-sectional area 

3 heat -addition parameter 

6 pressure -loss parameter for method I 

I, II calculation methods 
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ANALYSIS 


Theory 


The conventional expression for net thrust on a ducted body in 
flight is discussed in this section of the paper for the purpose of 
identifying the pertinent forces, in particular the forces which are 
to be classified as drag and subtracted from the gross thrust to obtain 
the net thrust. Figure 1 is a sketch of a body suitable for this dis- 
cussion. In relation to the terms force, thrust, and drag in this dis- 
cussion, an algebraic sense has been adopted that a force acting from 
right to left in figure 1 is positive and that a force acting from left 
to right is negative. The following expression for the net force on 
the body is the sum of the momentum changes of the internal and external 
flows between initial and final stations located in regions of free- 
stream static pressure; thus. 


where the subscripts i and e refer to internal and external flow, 
respectively. The subscript x refers to the particular segment of 
cross-sectional area dA at station 5 (fig* l) • The first bracketed 
term of equation (l) may be a positive or negative quantity depending 
on whether the body contains a thrusting engine or a drag-producing 
object such as an air-cooled heat exchanger. The second bracketed term 
will never be a positive quantity since the external flow is always 
subjected to an over-all momentum loss due to energy losses associated 
with flow over the body. Integral expressions have been used to make 
the equation more general; however, the internal flow at station 5 is 
frequently expressed one -dimensionally so that equation (l) is reduced 
to the following: 



(i) 



( 2 ) 
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For isentropic external flow, no change occurs in external-flow 
momentum between stations 0 and 5 so that equation (2) reduces to 

F » - (DiK - F o) (3) 

Equation (3), in addition to being the expression for the net force on 
the body for isentropic external flow, or zero external drag, is also 
the commonly used definition of the gross thrust force due to the engine 
contained within the body under conditions of nonisentropic external 
flow. Equation (3) is the gross-thrust expression utilized in the 
calculation method identified herein as method I. 


V 5ex^ pV ^5ex dA " ^) e V 0 0:f equation (l) or (2) 

is defined as external drag. As defined, external drag arises from any 
process to which the external flow is subjected which leads to total- 
pressure losses or deficiencies. Such items as skin friction, separation 
of the flow or turbulence, and shock waves fall in this classification. 

At this point a discussion of the analytical and experimental 
determination of various terms of equations (l) and (2) is desirable. 

The terms associated with the internal flow can, in most cases, be 
calculated from the given conditions for the problem. One notable 
exception occurs for certain supersonic flight cases and is discussed 
subsequently. The group of external-flow terms or the external drag is 
not calculable in many instances. For subsonic flight speeds, such is 
generally the case and drag must be determined experimentally for a 
given body under the desired operating conditions or estimated from test 
results of a similar body . The several methods for determining drag 
experimentally generally involve use of one or more of the following 
items, wake-survey measurements, wind-tunnel balance measurements, and 
external-force determination through the use of surface- static -pressure 
measurements and friction-force estimates. 

Inspection of equations (l) or (2) and figure 1 indicates that the 
obvious method for determining drag experimentally is to measure the 
momentum of the external flow at stations 0 and 4, provided that the 
static pressure at station 4 is equal to that of the free stream. If 
the static pressure at station 4 is not equal to that of the free stream, 
for subsonic flow it is still possible to estimate drag from momentum 
measurements . The momentum of the internal flow at station 5 can be 
estimated from measurements at station 4 on the assumption of no losses 
between stations 4 and 5- From measurements of the momentum of the 
combined flows at station 5> the external-flow momentum can be determined 
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and the external drag evaluated. For supersonic flow this procedure is 
not convenient because of the presence of shock and expansion waves 
between stations 4 and 5 when pl^ is not equal to p q. 

Since equation (l) is the expression for the net force on the body, 
this equation represents the thrust or drag force that would be measured 
by a wind-tunnel balance. From internal -flow-momentum measurements, 
mentioned previously, and the balance readings, the external drag can be 
determined . 

Through use of surface-static -pressure measurements taken on the 
part of the body surface wetted by the external flow and estimates of 
the skin-friction coefficient, the force parallel to the thrust axis 
on the outside surface of the body can be computed as follows: 


-^eb “ “ 



(cos 5)Kq e dA e -b 


f A eb , 

/ (sin 5)p e dA^ 

JO 


(b) 


where the subscript eb refers to external body surface. The first 
term of equation (4) expresses the friction-drag force as being propor- 
tional to the product of the cosine of the angle of inclination of the 
external surface to the thrust axis, a friction coefficient K, the 
local dynamic pressure, and the external-surface area. The integral is 
taken over the entire external -surface area. The second term is the 
external -pres sure -drag force in terms of the components of the external- 
surface-pressure forces parallel to the thrust axis. The internal force 
on the body can be determined through use of internal-flow measurements 
at stations 1 and 4 and the following equation: 

' F ib = (!) ± ( Vl H " V li) + P^i A 4i - Pli A li (5) 


Since 


^b ^ib + -^eb 


( 6 ) 


equation (2) is equivalent to equation (6), and the two are solvable for 
the drag term as follows: 


D 


e 



^5ex(pV)5ex dA 



= Ffb + F 


eb 




(7) 
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An inspection of equations (4) to (7) shows that the numerical value of 
drag is independent of the pressure reference; therefore, to determine 
the drag the pressures may be referenced to free-stream or to absolute 
zero pressure as shown. Unlike thrust and drag expressions, the absolute 
force expressions of equations (4) and ( 5 ) do not become zero for the 
no -flow condition. 

At supersonic flight speeds for certain cases, equations (l) and (2) 
have practical application with regard to analytical calculations. For 
internal air flow, if, through use of a suitably designed exhaust nozzle, 
free-stream static pressure is obtained at the nozzle exit (station 4), 

V4 is equal to V 5 and is calculable. However, when an under- or 
over-expanded exhaust nozzle is present, the determination of the 
velocity at station 5 is likely to be impractical because of the series 
of expansion and compression waves present between stations 4 and 5* 

The calculation of the external drag for supersonic flow requires, 
according to equations ( 7 ) and (4), that the external-flow dynamic and 
static pressures be calculable at all points on the external surface, 
which is generally possible for supersonic inlets operating at design 
conditions; however, if the diffuser back pressure is large enough, a 
normal shock wave will be present upstream from the inlet lip. The 
presence of the normal shock introduces a region of subsonic flow in 
front of the inlet in both the internal and external flows, which 
precludes ordinary calculation methods. Some special methods are 
available for calculating these flow conditions such as that presented 
in reference 2. Generally, supplementary experimental data are required. 

The operating condition described in the preceding paragraph, that 
is, operation with a standing normal shock in front of the inlet, 
requires that the internal-flow stream tube diverge in the region of 
mixed subsonic and supersonic flow between the normal shock and inlet 
lip. A divergence of the internal-flow stream tube is also obtained 
in the purely supersonic case for an inlet with spike-type center body 
operating with the oblique shock ahead of the inlet lip. Since a 
diverging stream tube in these cases indicates that external compression 
is taking place, a pressure-drag force on the external surface of the 
stream tube and an equal and opposite force in the thrust direction on 
the internal surface are introduced. If the net force on the body is 
determined by adding algebraically the conventional gross thrust 
expression of equation ( 3 ) and the external drag and if the external drag 
is determined from a summation of external- surf ace pressure forces and 
friction estimates, the pressure-drag force on the stream tube must be 
added to the external forces on the body to determine total external 
drag, because the conventional gross-thrust expression includes the 
thrust force on the stream tube. For this reason the pressure-drag 
force on the stream tube is frequently referred to as additive drag. 
Additive drag occurs only for supersonic inlet diffusers which compress 
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externally because the streamlines to the diffuser lip are parallel 
in the absence of external compression. 

As previously mentioned, the analytical evaluation of is not 

practical for supersonic flow if the exhaust-nozzle-exit static pressure 
is not equal to free-stream static pressure. For application to this 
case, a second calculation method, method II, is presented, which leads 
to the evaluation of an "internal-force coefficient." If the internal 
flow from stations 0 to 4 (fig. 1) is considered to be contained within 
a stream tube, the internal -force coefficient evaluates the summation 
of the absolute forces exerted by the internal flow on the walls of the 
stream tube. For the design in which free-stream conditions exist 
immediately upstream of the intake-diffuser lip, the walls of the 
internal-flow stream tube between stations 0 and 1 become parallel so 
that any forces on this segment of the tube parallel to the thrust axis 
are eliminated; therefore, the internal-force coefficient, in this case, 
evaluates the absolute force on the inside surface of the ram- jet body. 
The expression for the internal force of calculation method II is as 
follows: 


F 0-4i ~ (g)i 0^- ” ^o) + P4i-A-4i “ PO^Oi 
where static pressures are absolute quantities. 


(8) 


In order to obtain the net force on the ram-jet body, the absolute 
force on the external surface of the ram jet plus the absolute force 
exerted by the external flow on the stream tube between stations 0 and 1 
must be added algebraically to the expression of equation (8). The 
external-force quantity to be added algebraically to equation (8) is 
as follows: 


F 0-4e = " 


4 p li A li 




(9) 


where the static pressures are also absolute quantities. The fact should 
be noted that, when the walls of the stream tube are parallel between 
stations 0 and 1, the external -force quantity Fo-4e becomes equal to 
the absolute force on the external surface of the ram- jet body Fet,. 

All the conditions pertaining to the feasibility of drag calculations 
also apply to the external-force calculation of method II. 
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Application of Theory to Calculation Methods 


Method I is based on the expression for the conventional thrust 
coefficient, which includes the thrust quantity of equation (3): 


The fuel is assumed to be introduced between stations 0 and 5; hence, 
the term (l + f) is used to correct the mass flow at station 5 to the 
sum of the fuel and air. Adiabatic processes are assumed between 
stations 0 and 2. The reference cross-sectional area is taken to be 
that of station 2. By use of the perfect gas law, Bernoulli's 
compressible -flow equation, and the aforementioned assumptions, 
equation (10) reduces to 


c F . w 2 v 5 (l + f) - Vp 

g AgqQ 


(10) 


C Fl = i1 d a 



( 11 ) 


where 



(12) 


70 +1 



(13) 


a 



0 = 



, 2 7 0 . AT t2-3 
0 + 


(14) 
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7(?(75-l) 75-I 

\ 75(?0 - 1 ) / x 1 x \ ~5 


7 0 ' 1 2 7 0 

1 + = y^rT — 


2 “0 


70 


y\d Pt3 

\ ray 


and 


n - ?t5 


(15) 


(16) 


The appendix contains a complete derivation of the preceding 
equations, as well as expressions for Pt5/Po> T-^c^Tq, T^/Tq, 

I, and M5. 

Equation (ll) is of the same general form as equation (10), hut the 
term Vq has been replaced with M q and the rest of the terms replaced 
with the parameters a, p, and 0, the gas properties, and the diffuser 
total-pressure-recovery ratio. The mass flow is directly proportional 
to a, a function of combustion-chamber-inlet Mach number, flight Mach 
number, and gas properties. The exhaust velocity V5 is directly 
proportional to the product of (3 and 0. Flight Mach number, the 
ratio of combustion total-temperature rise to free-stream static tempera- 
ture, and gas properties determine P; whereas 0 is a function of 
flight Mach number, total-pressure ratio through the ram jet from free- 
stream to free-stream conditions, and gas properties. The parameters a, 
P, and 0 can be designated, roughly, as the mass flow, heat-addition, 
and pressure-loss parameters, respectively. The parameters a, p, 
and 0 are interrelated to a certain extent because they are functions 
of M2, AT t 2-3, and Pt3/Pt2> respectively, all of which are associated 
with the combustion-chamber performance. For a given combustion-chamber 
geometry, the values of all the following variables are determined by 
fixing two: Mach number before and after combustion, total-temperature 

ratio through the combustion chamber, and total -pressure ratio through 
the combustion chamber. 

The second calculation method is based on the following equation 
for internal-force coefficient which includes the force expression of 
equation (8): 


c Fn 


^2 ^4(1 + f) - Vq P 4A4 PcAd 
S A 2 q o A 2 q 0 A 2 q 0 


(IT) 


where the static pressure at station 4 may he greater or less than 
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atmospheric static pressure as previously discussed. If procedures 
similar to those of method I are used, the force-coefficient expression 
of equation ( 17 ) can be reduced to: 


r _ \/ 7 2 H 0 

C FlI ' 




(18) 


where 

» 



(19) 


The appendix contains a complete derivation of the preceding equations 
as well as expressions for T t4 /T Q , p 4 /p 0 , T 4 /T q , M 4 , and p t4 /p 4 . 

Equation (l8) differs from equation (ll) in that, in order to account 
for the pressure-area terms, 0 has been replaced by \ and another 
flight Mach number term introduced. Although X is a function of gas 
properties and the Mach number at station 4, it can still be considered 
a pressure-loss parameter similar to 6 since the Mach number at 
station 4 is dependent on the pressure losses up to that station. 


The methods of calculation can be adapted to any engine in which 
continuous-flow air processed in the thermodynamic cycle is employed 
for propulsion. The required modifications to the ram-jet application 
are that, for the combustion parameter 3, the term ATt2-3 must be 

the algebraic sum of all total-temperature changes from the free stream 
to the nozzle exit and, for the pressure-loss parameter 0, the group 
of total-pressure-ratio terms must be an expression of the total-pressure 
ratio from the free stream to the nozzle exit. Additional terms intro- 
duced by these two modifications can be expressed in terms of efficiencies 
and other fundamental parameters associated with the added engine components. 


NACA TN 2357 


13 


GRAPHICAL PRESENTATION OF SOLUTIONS 
Calculation Based on Standard-Air Properties 


An examination of equations (ll) and (l8) indicates that the main 
problem in the determination of the thrust coefficient is the evaluation 
of the mass-flow parameter a, the heat-addition parameter p, and one 
of the two pressure-loss parameters 0 or X. A close approximation 
to these quantities can be obtained directly by assuming standard-air 
values for the ratio of specific heats 7 at all stations. Plots of 
equations ( 13 ) , (1*0, ( 15 ) , and (19) are presented on this basis in 
figures 2 to 5. (Each figure has been broken down into several page- 
size plots for the purposes of accuracy and convenience; however , the 
first figure in each group covers the entire range of variables and can 
be used to determine the appropriate plot for particular values of the 
variables . ) 

The thrust-coefficient expressions which are appropriate to use 
with values taken from these figures are as follows: 


C Fl -' = Ti d a’[p'0'(l + f) - M 0 

(20) 

c FlI ’ = V U-X'U* f) - Mo - J Mo 

(21) 


Values based on standard-air specific -heat ratio and gas constant have 
been designated as primed values. As is indicated in the discussion of 
the numerical example, thrust coefficients calculated on this basis for 
conditions representative of typical ram-jet operation are on the order 
of 5 to 10 percent low. This discrepancy, however, varies according to 
the given conditions and is mainly a function of the total-temperature 
levels in the engine and the fuel properties. 

An inspection of the preceding equations indicates that, with one 
exception, the thrust coefficient and associated parameters involve only 
basic variables such as flight Mach number, diffuser total-pressure- 
recovery ratio, combustion-chamber characteristics, exhaust-nozzle total- 
pressure- recovery ratio, which would be either given or measured. The 
one exception is the pressure-loss parameter X, which is a function of 
the Mach number at the exhaust-nozzle exit (station 4), which in turn is 
a function of the Mach number at the end of the combustion chamber 
(station 3), the nozzle-area contraction, and any total -pressure and 
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temperature changes between stations 3 and 4 . The Mach number at 
station 3 is obtainable directly from the basic combust ion -chamber 
variables, provided that the calculated or measured performance is 
available in a form similar to that of figure 6 , which is a plot of the 
characteristics of a combustion chamber with low friction and turbulence- 
pressure losses. Additional information on this subject is available 
in reference 3> in which theoretical relations concerning combustion- 
chamber performance are presented. The Mach number at station 4 can be 
evaluated by use of the expression 


M 


7+1 





2(7-1) 



(1 + f) 


A Pt 


( 22 ) 


derived from the presentation in reference 4 and plotted in figure 7 . 
The exhaust-nozzle Mach number is evaluated from figure 7 by obtaining 
the ordinate corresponding to M 3 , multiplying it by the factor 


^4 Pt4\ | 7 4 R 3 T t3 
a 3 p t3V3 r 4 T t4* 


and reading M 4 corresponding to the new ordinate. The term 7/7 is 
negligible up to a Mach number of approximately 3.0 and has been neglected 
in this range. Figure 7(e) presents a correction factor for use when 
7/7 deviates from a value of 1.0 in the range of Mach number from 3.0 

to 4.0. 

The value of fuel— air ratio of equations ( 20 ) and ( 21 ) depends on 
the type of fuel used, the desired combustion-chamber total -temperature 
rise, the total temperature before combustion, and the burner efficiency. 

As an aid to evaluating this quantity, the theoretical variation of fuel- 
air ratio with total -temperature rise and the initial total temperature 
has been calculated for the combustion of n-octane and air through use 
of references 5 to 11 and plotted in figure 8 . All effects due to 
dissociation were accounted for in the calculations by using the assumption 
that equilibrium conditions are attained. The fuel-air ratio plotted is 
an effective value or one based on 100-percent burner efficiency. The 
value substituted in equations ( 20 ) and ( 2 l) should be the effective 
value modified to compensate for the burner inefficiency. 
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For simplicity of presentation, sample problems have been calculated 
by both methods for the same conditions at a supersonic flight Mach 
number of 2.0. The combustion of n-octane and air at 100-percent burner 
efficiency has been assumed. In order to illustrate the calculation 
procedures in more detail, an outline of a numerical example is presented 
in table I. 


Calculation Accounting for Variation of Specific-Heat Ratio 


and Gas Constant 


For more precise answers, additional charts and information have 
been supplied to correct a', P 1 , 0’, and X’ to correspond to 

equilibrium values of the specific-heat ratios. The mass -flow-parameter 

correction factor — is plotted in figure 9* The assumption was made 

a’ 

that the average of the specific-heat ratios corresponding to total 
and static temperatures 7 q is equal to the average of the standard 

air value, 1.400, and the value 7 -^q corresponding to free-stream tot&l 

temperature. This assumption holds as long as the free-stream static 
temperature of the air is not appreciably in excess of 500° R* The 
assumption was also made that terms involving the combustion-chamber- 
inlet Mach number M2 are insignificant. This assumption holds within 
the limits of M2 = 0 to 0.5 fixed in this paper. The expression 


a 

a 7 


r 

1 + 


0.7 7-^0 - 0.6 
?to + 1,4 



2(7t0" 0 - 6 ) 



(23) 


which is plotted in figure 9 , was derived from equation (13)- 


The heat-addition-parameter correction of P' to p is obtained 
in a different manner. First, an intermediate value of P’, designated p , 
is determined. An adjusted value of Mq, MQ a p, corresponding to corrected 

values of the specific-heat ratios at station 0, is obtained and is 
substituted in the P’ charts (fig. 3) to obtain P” . The relation 
between MQ a p and Mq 


M, 


0a(3 = no 


'V 


3-5(y t o - °- 6 ) 
7 to + lA 


(24) 
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was obtained by setting the term involving Mq in equation (l4) equal 
to a similar term in which Moap and standard-air values of the specific- 
heat ratio were used. Equation (24) is plotted in figure 10. Second, 
in order to correct the heat-addition parameter p" to p, equation (l4) 
indicates that 



(25) 


The correction of the pressure-loss parameter O' to 9 is achieved in 
the same manner as the correction of P' to P". Two steps are necessary, 
since both Mq and the total -pressure-ratio terms of equation (15) are 
complicated by the specific-heat ratio. Using the term involving Mq 
in equation (15) gives the expression for Moa0: 


M Oa0 = \ P < 


1 + 


°.7(7 t o - °- 6 ) 
7t0 + 1 * 4 


M 0 " 






bUto' 0 - 6 ) 


-1> (26) 


This equation is plotted in figure 11. This adjusted value of M 0 can 
be used in the 9 1 charts to obtain 9 " . By the same procedure, 


11 1 


la \ p t3 /p t2J 


1 1 


V ^n p t3 ,//p t2; 


3^yi) 

1 \ 75 


(27) 


which is plotted in figure 12. Using values obtained in figures 11 and 
12 to substitute in the charts for 6' (fig. 4) results in the corrected 
value 6. 


The procedure for correcting the pressure-loss parameter is 

similar to that used for a' except that two steps are again necessary. 
First, A,' is corrected to which is a value based on the assumption 
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that 7 ^ is equal to 7 ^. The following expression, which is plotted 
in figure 13 (a), is obtained from equation (19): 


X" 




X' 



+ 


1 

I7¥ 




( 28 ) 


Second, X” is corrected to X through use of the following expression: 


M 4 2 + 


74 -I 


m2 1 7 4 

M4^ + = 

X = 74 ?4 l 

V o 1 1 Ip 2 74 

M4 2 + ~ y M4 2 + - — - — 
74 74 - 1 74 


( 29 ) 


which is plotted in figure 13(b). The effect of changes in 7^ is 
negligible in the preceding expression and is neglected in the plot. 

In order to determine the specif ic -heat ratios 7 > 7t> 311(1 7 

use in the preceding corrections, it is necessary to know the effective 
fuel-air ratio, the temperatures appropriate to the particular specific - 
heat ratio, and the relation between 7 , temperature, and fuel-air ratio 
for the particular gas. The aforementioned gas properties have been 
calculated, for the combustion of n-octane and air, by use of references 5 
to 11. All effects due to dissociation were accounted for in the calcu- 
lations by using the assumption that equilibrium conditions are attained. 
Plots of combustion total -temperature rise as a function of fuel-air. 
ratio and initial temperature and the instantaneous value of the ratio of 
specific heats and the gas constant as functions of temperature and fuel- 
air ratio are presented in figures 8, 1^-, and 15> respectively. Use of 
the effective fuel-air ratio is equivalent to assuming that the unburned 
fuel has a negligible effect on these values, as is true for reasonable 
combustion efficiencies. Figures 8, l4, and 15 vere calculated on the 
assumption of 1 atmosphere pressure. Reference 5 indicates the effect 
of pressure to be very small; for instance, an increase in pressure 
of 5 atmospheres produced a maximum of 0.25 percent change in temperature 

rise. 

The variation of the ratio of specific heats (fig. 1*0 is quite 
marked with temperature increases up to 2500° R. From 2500° R to 5000 R 
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the variation with temperature is much less significant than the compo- 
sition or fuel-air-ratio effect, which is approximately constant over the 
temperature range up to the point where dissociation takes place. The 
effects of dissociation are to break down the water, the carbon dioxide, 
and the nitrogen into elements and compounds in such a way that the ratio 
of specific heats of the mixture becomes more similar to that of air. 

These effects tend to reduce the spread between the curves of constant 
fuel-air ratio in figure lk as the temperature is increased above 3500° 
to k000° R. 

In the determination of the various parameters involved in the 
calculation of thrust coefficient, small changes in the ratio of specific 
heats 7 will produce large changes in the values of the parameters 
because the difference between y and 1 appears in exponents and multi- 
plying factors in equations (13), (lk), (15), and (19). On the other 
hand, small changes in gas constant have little effect on the value of 
thrust coefficient since the gas constant appears only as a square root 
multiplying factor in equations (ll) and (18). The gas constant (fig. 15) 
varies only with the composition of the gas. This variation is less than 
1 percent up to temperatures at which dissociation takes place. At 5000° R 
the spread in values of gas constant between air and a stoichiometric 
fu^l-air ratio is approximately 5 percent. 

In order to evaluate the correction factor a/a', it is necessary to 
determine the free-stream total temperature T t o for use in figure lk. 

The temperature can be determined through a trial and error solution of 
the following equation: 



1 + 


0 -7(7 t0 " °*6) 


M, 


7 t0 + X * 


(30) 


derived from the value of T to /^0 g iven in the appendix. The tables of 

reference 12 will be found useful in performing the first step of this 
calculation. Generally, only two steps are necessary since the effect 
of changes in 7 is small in this case. 

The corrections to 3 ' and 0 ' must be calculated concurrently 
since the static temperature at station 5, T^, is a function of both 3 

and 9. Correcting 3 ' and 9' to 3 " and 0 " , respectively, which 
accounts for deviation of the free-stream specific-heat ratios from 
standard values, is a straightforward process using 7 ^.q in combination 

with figures 3 , 10, and 11. Corrections from 3 " to 3 and from 0" 

to 0 are more complicated as they require a trial -and-error process. 
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The expression for T^^/Tq as derived in the appendix is 


Zts = l2Jil p 2 

T 0 2 


This equation combined with equation (25) gives 



(31) 


The adjusted pres sure -ratio term, and thus 0, can be approximated by- 
using 7 corresponding to and figure 12. Then from equation (25) 


which is plotted in figure l6. From the approximate T^, 7^ can be 

evaluated by using figure l4. At this point a revised value of 7t5 

should be determined provided that T^ is within the region where 
dissociation takes place, as indicated in figure l4. This value is 
obtained by starting at a point corresponding to 7 ^ and T^ and 

moving up to T^ along a line parallel to the curves corresponding to 

specific-heat ratios for no dissociation. This procedure produces a 
specific-heat ratio corresponding to T-^ for a gas of the same compo- 
sition of exhaust products as at T5. If 7 t ^ vere taken at the correct 

temperature and fuel-air ratio for dissociated mixtures, there would be 
a discrepancy between 7 ^ and 7 ^.^ in that the gas would have changed 

composition between the two temperatures. Since the total temperature 
in this case does not exist physically in the gas but is a mathematical 
concept, the composition at the static temperature is taken as being 
correct. After re-evaluating the average specific-heat ratio 75 the 
process for calculation of the static temperature T^ can be repeated 
until the values converge. Usually the main part of the correction is 
accomplished by ‘using specific-heat-ratio values based on the total 
temperature so that the trial-and-error processes produce only second- 
order corrections. The final value of the combustion parameter 3 can 
be evaluated by using equation (25). 


and the expression for T^/Tq as given in the appendix: 



(32) 
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In order to calculate the thrust coefficient from equation (ll), in 
addition to the parameters previously discussed, R^, R 2 , 7 2 , R 0 , 

and 7 0 have to he determined. The evaluation of R^ can he made 

directly hy using T^, the effective fuel-air ratio, and figure 15. The 

terms R 2 and y 2 can he assumed to correspond to zero fuel-air ratio 

and T-to; therefore, 72 equals 7^0 • Standard values can he used for 

Ro and y 0 . 

The determination of the appropriate temperatures and specific -heat 
ratios for the correction of the pressure-loss parameter \ ' is similar 
to that of 0'. As derived in the appendix, 


T th A - 1 2 
T 0 2 


From this expression and equation (25), 


p" 2 
T o " 5 

(33) 

A first approximation of T^ is obtained by using the 
equation: 

following 

TV _ B” 2 

T o m 4 2 + 5 

(34) 

This approximate value, based on the standard-air value of the specific- 
heat ratio, is related to the corrected static temperature by the 
following expression derived from the equation for TI^/Tq (see appendix) 
and equation (25): 

0.4 7 4/„. 2 cA 
T], _ 71* - 1 71* ( ^ + 5 ) 

T 4 2 2 ?4 

M ** 2 + 

(35) 


Equation (35) has been plotted in figure 17 . By first substituting in 
equation (35) the specific-heat ratio corresponding to T^', T^ can be 
evaluated by trial and error. Once T4 is obtained 7^ can be evaluated 
and the pressure-loss parameter \ can be determined directly from figure 13 . 


NACA TN 2357 


21 


An outline of the calculations necessary to correct the numerical 
examples in the preceding section for deviation of the specific -heat 
ratios and gas constants from standard-air values is presented in 
table II. 

In order to illustrate the general method, the numerical examples 
presented include all the detailed corrections for deviation of 7 
and R from standard-air values. However, thrust coefficients for the 
conditions of the example presented have been calculated by assuming no 
deviation from standard-air values except at stations 4 and 5 ; where 7 , 

7 , and R were assumed to correspond to total-temperature values, so 
that all trial-and-error processes are eliminated. The answers arrived 
at by use of these assumptions agreed with those presented in steps 36 
and 46 of table II within less than 1 percent. If for a particular prob- 
lem an appreciable number of calculations are to be made by using cor- 
rected values of specific-heat ratio and gas constant, the number of steps 
generally can be considerably reduced in a manner similar to that 
described. 


CONCLUDING REMARKS 


A method utilizing graphical presentations of precalculated solutions 
for calculating ram-jet thrust coefficient and other important quantities 
has been presented with the associated equations and graphs. By use of 
the assumption of constant values of specific -heat ratio and gas constant 
equal to those of standard air, the calculation procedure permits in a 
few simple operations the direct determination of thrust coefficient from 
values of basic variables. Additional procedures are presented for 
correcting for deviations of specific-heat ratio 7 and gas constant R 
from standard values. An examination of the differences between the 
corrected and uncorrected values of the calculated thrust coefficients 
in the numerical examples indicates that the values based on standard 
specific-heat ratio and gas constant are 6 or 7 percent low. These 
differences are believed to represent fairly typical accuracy for ram-jet 
performance calculations in current use. Inasmuch as the assumption of 
one -dimensional flow may introduce errors of similar magnitude, the 
aforementioned discrepancies are probably permissible for most calculations. 

In cases where it is desired to correct for specif ic -heat-ratio 
and gas-constant variation, a number of the less significant corrections 
described in the general calculation procedure can usually be omitted 
without appreciable loss of accuracy. Short cuts of this nature, 
applicable to the conditions set up in the numerical example, have been 
previously discussed. 
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The variation of specific-heat ratio 7 throughout the thermodynamic 
cycle is more important than the gas constant because the quantity 7 - 1 
appears as an exponent and also as a multiplying factor in a number of 
equations ; whereas the gas constant appears only as a square-root multi- 
plying factor. Variations in the value of 7 result from changes in 
temperature and fuel-air ratio and from dissociation effects. The 
variation with temperature reduces with rise in temperature and becomes 
less important than variation with fuel-air ratio above 2500° R. The 
effect of increasing amounts of dissociation is to reduce the effect of 
changes in fuel-air ratio. The variation in values of gas constant with 
fuel-air ratio is less than 1 percent up to temperatures where dissociation 
occurs. At 5000° R the spread in values of gas constant over the fuel- 
air-ratio range up to stoichiometric fuel-air ratios is 5 percent. 


Langley Aeronautical Laboratory 

National Advisory Committee for Aeronautics 
Langley Field, Va., December 8, 1950 
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APPENDIX 

DERIVATION OF THRUST- AND INTERNAL-FORCE-COEFFICIENT 
EXPRESSIONS AND ASSOCIATED RELATIONS 
Thrust Coefficient and Related Parameters Obtained by Method I 

The conventional thrust-coefficient expression for ram jets (see 


The following expression gives Bernoulli's application to compressible 


fig. l) is: 



A 2 q Q 


flow: 



(Al) 


For isentropic flow, 


7 5 -l 



(A2) 


Substituting equation (A2) in equation (Al) gives 


75- 1 



2 


(A3) 


2k 
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Expanding V^/v % ^ 
and substituting 


into the product of several pressure ratios 
for p^ yields 



75-1 7 5~ 1 
rp o\ 75 / p t0 P t2 p t3\ 7 5 
p to/ V p t2 p t 3 p t5/ 



2gR 5 T 0 



(A4) 


Substituting the expression for Mach number and the speed of sound 
in equation (Al) as applied to station 0 gives 


T. 


to 


n ?0 - 1 M 2 7 0 

= 1 + 2 M o — 

70 


(A5) 


Converting equation (A5) to a pressure ratio by using an isentropic 
relationship 


7 5 


-1 


M ^5 

.Pto/ 


^(V 1 ) 


(a6) 


.1 + 




2 


- Mo 2 5. 

?0 


The expression T^/Tq may be written as follows by use of equation (A5) 


T t5 T t0 + ^t2-3 7 0 " 1 M 2 7 0 . ^t2-3 

= = 14- Mq 4 


T, 


0 


T r 


(A7) 


Substituting equations (A7) and (a 6) in equation (a 4), for Pt2/ p t0> ^n for Pt5/Pt3> an<i 

solving for gives 


2 ^T 0 fw 7 » 


2 . 


? 70 

“O ^ + 
>0 


z^r. 


t2-3' 


l - 


r c( r 5-' L ) 

M 70 ' 1 )/! 1 


7^-1 

7 5 




, > 0-1 
l*-2— »0 


/Id % Pt3^Pt2 / 


Let 


P = 



2 ^0 + ^t2 I 3 
° 7 0 T 0 


(A8) 


(A9) 


and 


0 




^(Tq- 1 ) 




— — i 

Pt3/Pt2 


r 5' 1 




(A10) 


Then, substitute equations (A9) and (A10) in equation (A8) to obtain 


v 5 * esV^Vo 


ro 

VJl 


(All) 
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The perfect gas lav and the expressions for Mach number and the 
speed of sound can be used to write an equation for mass flow as follows: 


W ^2 Pp / 7p 

g = P 2A2V 2 = gR^ *2^2 = 77^ VSE *2*2 


\Jt^ vgR2 


(A12) 


Equations similar to equations (A5) and (A6) substituted in equation (A12) 
produce 


Let 


W 

g 



P t2 A 2 M 2 




7 2+1 


(A 13 ) 


w 

g 


ndPo^^l 1 + — 


— M 2 1°' 
2 0 ?0/ 


V 1 

-(V 1 ) 


fg^ 




72+1 

^(V 1 ) 


(All*) 


a = 




^(V 1 ) 


Me 


72+1 


M„ 


7p - 1 


1 + 


2 7 2) 


2(72-1) 


— ^ fM 

7r 


(A15) 
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Equation (Al4) then can he simplified to 


W \ [^2 ^dPp^ M 0 2 

g V ^2 \JT 0 2 

From the definition of Mach number, 


v 0 =■ aoM 0 = M 0 ^ 0 gR 0 T 0 (A17) 

Flight dynamic pressure may be expressed by the perfect gas law and the 
expression for the speed of sound as 



q 0 2 P 0 a 0 M 0 


2 _ 7 0 M 2 
2 P 0 M 0 


(Al8) 


Equations (Al6), (All), (A17), and (Al8) may be used in the expression 
for thrust coefficient to produce 


C FI = W 


| 7 2 r 0 
' 7 0 R 2 


r 5 7 5 

R 0 7 0 


pe(i + f) - M r 


(A19) 


Other parameters at station 5 can be derived in terms of a, 3, and 9 . 
From equations (Al), (All), (A7), and (A9), it follows that 



H 2 (?5 - l) 
2 


( i 



(A20) 


Substituting the relations of the perfect gas law, and equations (A20), 
(All), and (Al6) in the expression 


W(1 + f) 

gP5 v 5 
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produces 


^5 1 . 

Aq ¥ 


5 (% ■ iH 



Tl d M 0 2 (l + f) 


( A2l) 


From the expression for Mach number and the speed of sound, equations 
(All), and (A20), it follows that 


M 5 “ 



From equations (A7) and (A9) 


(A22) 


T t5 _ 7 5 ‘ 1 „2 

" 2 P 


(A23) 


From equations (A2), (A20), and (A23) 


7 5 



(A2h) 


The expression for specific impulse (pounds thrust per pound fuel per 
second) is 


I 


v 5 (i + f) - V Q 

gf 


(A25) 


Substituting from equations (All) and (A17) in (A25) produces 


I 


I 


fo 

gf p # 0 


(B0(1 + f) - Mq 


(A2 6) 
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Internal-Force Coefficient and Related Parameters 
Obtained by Method II 


The internal-force-coefficient expression (see fig. l) is 


' F n 


g[vi*(l + f) - V 0 ] + P 4 A 4 - PqAq 




The derivation used in obtaining equation (A3) may be applied to station 4 
to give the expression 


T t 4 


1 


74-1 



2gR474 
74 - 1 


(A27) 


Substituting from equations similar to (A2) and (A5) as applied to 
station 4 in equation (A27) produces 


Tt4 


1 



274 

- 1)1VT\ 


2gR474 

V 71 


(A28) 


Solving for V 4 yields 


V 4 


2gR 474T 0 T t 4 
-IT 


74 


0 


274 

(74 - 


(A29) 
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An equation similar to equation (A7) may be used for (T + i 1 /T ri ) in 

equation (A29) to obtain t4 0 


V k = 




7 ° ~ 1 M 2 ^0 ^t2-3^ 


' 2g 7 ! 7 T o(7 + — - — — + 

7 4 - 1 \ 2 0 7 0 T 0 


1 + 


274 


( 7 t - W’i 


(A30) 


Let 


1 + 


\ = 


1 + 


7l m 4^ 

27^ ~ 

(^4 - l) 74Mb 2 


(A31) 


Substituting from equation (A9) and ( A31) reduces equation (A30) to 


v 4 - \/gR474 T 0 — (A32) 

1 + — 

74 M 4 2 

Equations (A32), (Al6), (A17j, and (Al8) substituted in the internal- 
force-coefficient expression gives 




PqA q 
l 2 q O A 2 


7b^\ c 


(A33) 


Equation (A9) may be used in an equation similar to equation (A7) for 
station L to give 

^t4 ?k- ~ ^ ^2 

T 0 


2 


CA34) 
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Equations (A 32 ) and (A3^) may be substituted in equation (Al) as 
applied to station 4 to obtain 



(A35) 


Substituting the perfect-gas relationship and equations (A35), 
(A32), and (Al 6 ) in the expression 




m W(l + f) 

gPl^ 


(A 36 ) 


produces 


P4 

p o 


172 % 71 ). 


R 2 74 


J- A2 M£ 

A 4 2 


/I + 


T l d ap l 


7l).Ml). £ 


(1 + f) 


1 + 




(A37) 


P 4 A 4 P1+ Po A b 
p 0 “0*2 


q~A, 


02 


(A38) 


Combining equations (Al 8 ), (A37)> and (A 38 ) yields 


Pl^Ai) ^ /7 2 Rq ^ a / R k^k 7k 




q.0^2 V 7 0 R 2 


R 0 7 0 27 k 


74^1). 


(l + f) (A39) 




l + 


71).M4 c 
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Solution of equations (A39), (A31), and (A33) gives 


'*11 


'? 2 R 0 

V 5 


1 ia a 


IR474 

Vo 


3X(l + f) - Mr 


PO^ 

V2 


(A40) 


Substituting equation 

PcAo 


stations 0 and 2 in 


0 . 0^2 


(Al8) and the continuity equation between 
produces 


PcAp _ 2 P2 V 2 

^0*2 V 0 2 PQ V 0 


(A4l) 


Equation (A4l) may be expressed in terms of the perfect gas law 
and the relationships for Mach number and the speed of sound as follows: 


Pq^O _ 2 p 2 fr 2 r 0 t 0 

7q Mq 2 Po *o\j7<fip2 


(A42) 


Substituting expressions similar to equations (A5) and (a 6) for 
stations 0 and 2 produces 

7o+l 


PpAp _ 2 V K2 R 0 Pt2 

Vo 2 M oVV2 PtO 




2(70-1) 


7 2 +l 


(All-3) 


r 2 - 1 2 V^ 72-1 ) 

+ — 2 M, 2 —I 

Substituting equation (A15) in equation (A43) 


2 W , 

7 2 y 


PcAo v / R 0 7 2 1 


qoA 2 X/i^To 7o^O 




(A44) 
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From equations (A44) and (A4 o), 


C 


F II 




3X(1 + f) - M 0 


1 

7(^0 


(A45) 


Expressions for the total-temperature ratio and static -pressure 
ratio for station 4 are given by equations (A34) and (A37)> respectively. 

Substituting equation (A3l) in equation (A35) produces 


t 4 




7 4 2 2 

— + - 

74 74 " 1 


(A46) 


Equation (A 31 ) can be solved for Mach number as follows: 


M4 = 


f- [74(4 2 - 1) + l] ±4\/(74) 2 (4 2 - 1) 
71 + (X 2 - 1)(74 - 1) 


+ 1 


(A47) 


Through use of an equation similar to equation (A2) but written 
for station b and equations (A34), (A35)> and (A37), it follows that 


£t4 

p 0 


17 2^4 74 " i -^2 M o" 


^274 


A4 2 ^ 


aP 

X 


74+1 




74-I 


(1 + f) 



(A48) 
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TABLE I.- ILLUSTRATIVE EXAMPLE FOR 


STANDARD-AIR CONDITIONS 


Step 

Variable 

Value 

Source 

Method I.- Thrust coefficient 

1 

M 0 

2.00 

Given 

2 

na 

.80 

Do. 

3 

t 0 , °R 

520 

Do. 

4 

M2 

.20 

Do. 

5 

4^2-3* ° F 

3000 

Do. 

6 

H 3 /H 2 

.876 

Do. 

7 

M : 3 

.501 

Do. 

8 

^n 

1.000 

Do. 

9 

T to' = T t2 ' 

,936 

Steps 1 and 3 and. equation (A5) 

10 

O 

cn 

1 

CVJ 

€ 

5.769 

Steps 3 and 5 

11 

T ld(Pt3/Pt2) T 1n 

.701 

Steps 2 , 6, and 8 

12 

f 

.0538 

Steps 5 and 9 and figure 8(d) 

13 

a' 

.5690 

Steps 1 and 4 and figure 2(j) 

l4 

P’ 

6.154 

Steps 1 and 10 and figure 3(d) 

15 

Q' 

.6196 

Steps 1 and 11 and figure 4(f) 

16 

v 

.9186 

Steps 1, 2 , 12, 13, l4, and 15 and equation ( 20 ) 

Method II.- Internal-force coefficient 

17 


0.6998 

Figure 5(a) 



(M^ assumed = 1.0) 


18 

Cf ii’ 

.9928 

Steps 1, 2, 12, 13 , l4, and 17 and equation (2l) 



00 

VJl 
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TABLE II.- ILLUSTRATIVE EXAMPLE FOR CONDITIONS CORRECTED TO ACCOUNT 
FOR VARIABLE SPECIFIC-HEAT RATIO AND GAS CONSTANT 


[other steps are given in table i] 


Step 

Variable 

Value 

Source 



Method 

I.- Thrust coefficient 

a l9 

£ 

11 

0 

£ 

1.3843 

Step 20 and figure 14(a) 

20 

cf 3 

0 

II 

«p 

ro 

930 

Steps 1 , 3 , and 19 and equation (30) 

21 

f 

.0538 

Steps 5 and 20 and figure 8 (d) 

22 

a/a' 

1.008 

Steps 1 and 19 and figure 9 

23 

a 

.575 

Steps 13 and 22 

24 

T t5 

3930 

Steps 5 and 20 

25 

^OaP 

1.988 

Steps 1 and 19 and figure 10 

26 

P" 

6.152 

Steps 10 and 25 and figure 3(<i) 

27 


1.2569 

Steps 21 and 24 and figure 14(d) 

b 28 

t 5 

2797 

Steps 3; 26, and 34 and figure 16(a) 

29 

7 5 

1.2724 

Steps 21 and 28 and figure 14(c) 

30 

y 5 

1.2646 

Steps 27 and 29 

31 

M Oa0 

1.635 

Steps 1^ 19 , and 30 and figure 11(c) 

32 

[( P t3/ P t2) Vn] a 

.772 

Steps 11 and 30 and figure 12 

33 


7.560 

Steps 26 and 30 and equation ( 25 ) 

34 

e 

.546 

Steps 31 and 32 and figure 4(d) 

35 

r 5 

53.72 

Steps 21 and 28 and figure 15 

36 

° F I 

.9836 

Steps 1, 2, 19 , 21, 23, 30, 33, 3^ and 35 
and equation (ll) 


Method II.- Internal-force coefficient 

37 

v 

3285 

Steps 3 and 26 and equation (34) 

CO 

cT 

VV 

1.062 

Step 4l and figure 17 

39 


3489 

Steps 37 and 38 

4 o 

\ 

1.2615 

Steps 21 and 39 and figure 14(d) 

4 i ' 


1.2592 

Steps 27 and 40 

42 

\"/x< 

.869 

Step 4l and figure 13(a) 

^3 

x/x" 

1.000 

Steps 4 0 and 4l and figure 13 (h) 

44 ; 

X 

.608 

Steps 17 , 42, and 43 


3 

7.644 

Steps 26 and 4l and equation (25) 

46 1 

Cp 

F II 

1.054 1 

Steps 1, 2, 19, -21, 23 , 35, 4l, k\and 45 
and equation (l8) 


and -error process. 
^Note that Tc 


is assumed as a first approximation in trial- 


depends on 0 (step 3 * 0 , which can be first 

approximated by using 7^5 (step 27 ) in place of 7 r (step 30 ) to 
obtain step 31 and 32 . 

c Note that T4/T4' (step 38) depends on 74 (step 4 l), which 
can be first approximated by using 7^4 (step 27). 


Fhr- f/ov 


Station 0 


n/o 




External flou 



f Intake 
(diffuser 


Combustion ] 
chamber J 




-rPo/s-ex 


3 . T 4 

E xhaustl 

nozzle J 


5 


Figure 1.- Sketch of configuration used in analysis. 
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(a) Master plot. 

Figure 2.- Mass-flow parameter a' . 
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(b) Mq = 0 to I. 56 ; M 2 = 0 to 0.25; a,' = 0 to 1.90. 
Figure 2.- Continued. 
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(c) Mq = 0 to 0.54) M 2 = 0 to 0.25) a' 


1.90 to 3.80. 


Figure 2 


Continued 
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Figure 2.- Continued 
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(e) Mq 


O.56 to 1.56j Mp = 
Figure 2. - 


0.24 to 0.50> a' 
Continued. 


0 to I.90. 
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Figure 2.- Continued. 
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(g) Mq = 0.32 to 0.50j M 2 = 0.24 to 0.50; a' = 3.80 to 5.70. 


Figure 2.- Continued 
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(h) Mq = 0.22 to 0.3^) M 2 = 0.12 to O.36) a' = 5-70 to 7.60. 


Figure 2.- Continued 
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Figure 2.- Continued 
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(j) Mq = 1.60 to 4.00; 1^ = 0 to 0.25; a' = 0 to 2.20. 
Figure 2.- Continued. 
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Figure 2.- Continued. 
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(Z) M 0 = 3.25 to 4.00; Mg = 0.25 to 0.50; a' = 2.40 to 4.00. 


Figure 2.- Concluded. 




(a) Master plot. 

Figure 3 .- Heat-addition parameter (3 1 . 
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Figure 3-- Continued 
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(c) M Q = 0 to 1.30} — Tq~ = ^-6 t0 1 5- 1 J P' = 6.40 to 9.20. 
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Figure 3 


Continued 
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Figure 3 «- Continued 
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Figure 3*- Continued. 
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(f) Mq = 2.80 to 4.00) ATt2 ~3. = 1.00 to 5.50> P' = 4.00 to 6.60. 

T 0 


Figure 3-- Continued. 
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(a) Master plot. 

Figure 4 .- Pressure-loss parameter O'. 
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Figure 4.- Continued. 
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(c) Mq 


1.00 to 2.30} 





tj n = 0.10 to 0.72} 


0 ' 


= 0 to 0.36. 


F igure 4 . - Cont inue d . 
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Figure 4.- Continued. 
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(e) M q = 2.00 to 3. 30; T) d 



^ = 0-03 to 0.l8j 0' = 0 to O.36. 


Figure 4.- Continued. 
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(f) Mq = 1.80 to 3.10; T] d ( — ) = 0.04 to 1.00; 0' = 0.32 to 0.68. 


t2/ 


Figure 4.- Continued. 



NACA TN 2357 


63 



Figure 4.- Continued. 
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Figure 4.- Concluded. 
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(a) Master plot. 

Figure 5 >- Pressure-loss parameter A.'. 
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(t>) M4 = 0.10 to 1.00 
Figure 5.- Continued. 
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Figure 5*- Concluded 
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Figure 6.- Example of combustion-chamber performance curve. 
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(a) Master plot. 

t 

Figure r J. - Chart, for converting combust ion- chamber exit Mach number to 
exhaust-nozzle exit Mach number M^ to M^. 
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Figure 7»- Continued 
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(c) M = 1.00 to 2.20. 


Figure 7»- Continued 
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(d) M = 2.00 to A. 00. 


Figure 7* - Continued 
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(e) Multiplying factor for correcting the ordinate of figure 7(d) to 
correspond to values of y/Y other than 1.0. 

Figure 7- - Concluded. 
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(a) Master plot. 

Figure 8.- Relation of theoretical fuel-air ratio to total-temperature rise 
and initial temperature for combustion of n-octane and air. 
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(b) Total -temperature rise = 0° to 1700° F; f = 0 to 0.024. 
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(c) Total -temperature rise = 600° to 2^00° E; f = 0.022 to 0.0U6. 
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(d) Total -temperature rise = 2^00° to 3700° F; f = 0.03^- to 0.0 66 

Figure 8.- Continued. 
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Figure 9*- Mass-flow-parameter correction factor a/a' . 
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Figure 10.- Adjusted flight Mach number for determining 
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(a) Master plot. 

Figure 11.- Adjusted flight Mach number for determining 0". 
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(b) Mq = 0 to 1.20. 



Figure 11 


Continued 
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(c) Mq = 1.20 to 2.60. 


Figure 11.- Continued 
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(d) M q = 2.60 to 4.00. 


Figure 11.- Concluded 
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(a) . 


Figure 13 •- Pressure-loss parameter \ correction factors 
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Figure 13 


Concluded 
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(a) Master plot. 

Figure 14.- Relation of the specific-heat ratio 7 to temperature for 
products of combustion of n-octane and air for range of fuel-air 
ratio from 0 to O.O658 (stoichiometric). 
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Figure 14.- Continued. 
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Figure 14.- Continued. 






Figure l4.- Concluded. 



Figure 15.- Relation of gas constant R to temperature and fuel-air ratio 
for products of combustion of n-octane and air. 
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(a) 0" = 1.0 to 7-0. 

Figure 1 6 .- Relation of nozzle static temperature to heat-addition 
parameter (3 ,T and pressure-loss parameter 0. 
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(b) 0" = 7.0 to 10.0 

Figure 1 6 .- Concluded 
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Figure 17.- Correction factors for determining nozzle-exit static 

temperature for method II. 
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